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Preface

The Light Eagle and Daedalus human powered aircraft were designed and constructed

by a group of students,professors,and alumni from Lhe Massachusetts Instituteof Technology

within the context of the Daedalus Project.The constructionof the Light Eagle and Daedalus

aircraftwas funded primarilyby the Anheuser Busc:hand United Technologies Corporations,

respectively, with additional support from the Slnithsonian Air and Space Museum, the

Massachusetts Instituteof Technology, and a numlx,-rof other sponsors. The flightresearch

reportedhere was done atthe NASA Dryden FlightResearch Center between December 1987

and March 1988. Funding forthese testswas provided under Grant NAG-I-836 from NASA

Langley. Mr. John F. Royall was the NASA Technical Monitor, the contractor'sPrincipal

Investigatorwas Professor Jack L. Kerrebrock.





Abstract

This report describes the results of the flight test program of the Daedalus and Light

Eagle human powered aircraft in the winter of 1987/88. The results from experiments

exploring the Light Eagle's rigid body and su'ucu_'_aldynamics are presented. The interactions

of these dynamics with the autopilot design are investigated. Estimates of the power required

to fly the Daedalus aircraft are detailed. The syste_ of sensors, signal conditioning boards,

and data acquisition equipment used to record the fligat data is also described.

In order to investigate the dynamics of the aircraft, flight test maneuvers were

developed to yield maximum data quality from the: point of view of estimating lateral and

longitudinal stability derivatives. From this data, structural flexibility and unsteady

aerodynamics have been modeled in an acthoc manner and are used to augment the equations

of motion with flexibility effects. Results of maneuvers that were flown are compared with the

predictions f_ the flexibility model

To extend the ad hoc flexibility model, a fially flexible aeroelastic model has been

developed. The model is unusual in the approxixaate equality of many structural natural

frequencies and the importance of unsteady aerodynamic effects. Since no clear spectral

separation between low-frequency and high-fi'equen:y modes has been identified, it is difficult

to justify inclusion or exclusion of any particular mode.

The performance of the autopilot design is evaluated in light of the dynamics observed

during the flight test program. Degradations in performance are observed when the flexibi_ty

effects are included; however, adequate performance can be achieved by proper augmentation

of the feedback compensation.



Power measurements from the Daedalus 88 aircraft indicate that the power required to

fly the aircraft actually decreases with altitude. This is opposite of the trend predicted by the

classical ground effect theory; however, it does agree with subjective observations by I_-mellos

Kmnellopoulos dm'ing his 119 km flight from Crete to $antorini, Greece and by Bryan Allen

during his flight across the English Channeiin the Gossamer Albatross. It is hypothesized that

this inverse ground effect is caused by turbulence in the Earth's boundary layer. The diameters

of the largest boundary layer eddies (which represent most of the turbulent kinetic energy) arc

proportional to altitude; thus, closer to the ground, the energy in the boundary layer becomes

concentrated in eddies of smaller and smaller diameter. Eventually the eddies become

sufficiently small (approximately 0.5 cm) that they trip the laminar boundary layer on the wing.

As a result, a greater percentage of the wing area is covered with turbulent flow. Consequently

the aircraft's drag and the power required both increase as the aircraft flies closer to the ground.

The results of the flight test program are examined critically, especially with respect to

future applications. Maneuvers that allow the observation of stability derivatives for flexible

aircraft are detailed. Considerations for the design of autopilots for future human powered

aircraft and high-altitude RPV's are discussed. Techniques useful in estimating the power

required to fly aircraft of very high lift to drag ratio are described.
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1.0 Introduction

Greek mythology describes a man, Daedalus, who, 3500 years ago, constructed wings

of wax and feathers and used them to fly under his own power. With these wings, he escaped

imprisonment under King Minos on Crete, Greece., and flew northward past the island of

Santorini. To celebrate this myth, the Daedalus Project began over three years ago with the

goal of designing, building, and testing a human powered aircraft that could fly farther than

115 kin. On April 23, 1988, the mythical flight rout.." from Crete to Santorini was retraced by

the Daedalus human powered aircraft, thus symboliziag the realization of Man's ancient dreams

through modern technology.

On the way to this goal, three human powered aircraft were constructed. The Light

Eagle was the prototype aircraft, weighing 92 pouncLs. It set a closed course distance record of

59 km on January 22, 1987. Following this success, two more aircraft were built, the

Daedalus 87 and the Daedalus 88. Each aircraft weighed approximately 69 pounds. The

Daedalus 88 aircraft was the ship that flew the 119 km from the Iraklion Air Force Base on

Crete, Greece to the island of Santorini in 3 hours, 54 minutes. In the process, the aircraft set

new records in distance and endurance for a human :_wered aircraft.

Research on the technologies of human powered flight, and education have been as

important objectives of the Daedalus Project as the flight itself. To further these objectives, a

flight test program was carried out at the NASA Dryden Fright Research Center between

November 1987 and March 1988. The purpose of the flight test program was to expand the

knowledge of human powered flight. Specific goals were to determine the power required to

fly the Daedalus aircraft, to explore the dynamics of low Reynolds numbers aircraft and their

autopilots, and to investigate the aeroelastic behavior of lightweight aircraft (Figure 1-1). The
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information aL-Lainedin this program should have direct applications to the design of high

altitude, long endurance aircraft.
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2.0 Flight Testing

The specific areas of flight research included characterizing the rigid body and flexible

dynamics of the Light Eagle, investigatingseiners for an autopilotthatcould be used on high

altitudeor human powered aircraft,and deterrainingthe power required to fly the Daedalus

aircraft.The research flightsstartedin lateDecember 1987 with a shake-down of the Light

Eagle instrumentation and the data transferlinks. The firstflightof the Daedalus 87 also

occurred during thistime. On February 7, 1988, the Daedalus aircraftcrashed on Roger's Dry

Lakebed due to inadequate lateralcontrollabilitywhich has subsequently been attributedto

insufficientdihedral and excessive elasticityir the rudder controllines.This incidentcaused

emphasis tobe placed on determining the laten'a:Lstabilityand controlcharacteristicsof the Light

Eagle in preference to the longitudinaldyna::nics.Due to the accident,flighttestingwas

extended fourweeks and thus ended in mid-Mlu'ch 1988 afterhaving achieved the major goals

of the program.

2.1 The Aircraft

2.1.1 Uniaue Features of the Light Eagle

The Light Eagle is an unique aircraft, zLsshown in Figure 2-1. Its design flight speed is

approximately 7.8 rn/s (15 mph, Re = 500,£00 - 200,000), at a lift to drag ratio of 36. Its

aspect ratio of 39.4 is one of the highest ever flown, yet the aircraft has a very low empty

weight of 42 kg (88 lbs). The structure, bas_.d on graphite-epoxy spars, foam leading edge

inserts, and a mylar skin, is designed as much by stiffness requirements as it is by strength

requirements. Instead of a purely -cantilevered wing structure, a lift wire runs from the half-

span points to the bottom of the fuselage. Tltis wire resulted from a compromise between
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aerodynamic drag and structural weight. The power required to maintain level flight is

approximately 200 W (0.27 Hp) when the aircraft's total weight is 110 kg (242 Ibs). The

characteristics of the Light Eagle are compared to I_os¢ of the Gossamer Albatross and the

Stork B inTable 2-I.

Gossamer Albatross II Stork B

Wing Area (m 2) 31 44 21.7

Drag Area (m 2) 0.8 2.5 0.7

Wing Span (m) 34.7 29 21

Aspect Ratio 39.4 18.9 20.3

Empty Weight (kg) 42 32 35.9

Design Power (W) 225 246 275

Design Airspeed (m/s) 7.8 5.0 8.6

Table 2-1 Characteristics o£ th(; Light Eagle Aircraft

2.1.2 Pedalling Disturbances

The pilot is the aircraft's powerplant as weU as the control unit. In his role as a

powerplant, the pilot must pedal, moving his legs (perhaps 21 kg, or 20% of the gross aircraft

weight ) through a distance of approximately 40 err.. The pedalling frequency is about 1.5 to 2

Hz, coinciding with a natural structural frequency (chordwise bending/torsion of the wing

coupled with tailboom bending in the up-down direction). The pilot thus introduces a large

periodic signal into all instrumentation channels, precisely in the frequency range of interest.

For this reason, much of the flight testing was done during unpowered gliding flight, with the

aircraft being towed to a certain altitude and then ret:ased.
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2.1.3 Aooarent Mass Effects

The Light Eagle flies with a wing loading of 37 N/m 2 (Table 2-2). The weight of the

volume of air enclosed in a cylinder with its diameter equal to the wing chord and its length

equal to the wingspan, is approximately twice the wing's structural weight. Apparent mass

effects are thus large and must be consistently included in dynamic models. These effects have

a large influence on the aircraft control particularly in the lateral axis (Table 2-3).

High performance sailplanes

Trainer sailplanes

Hang Glkters

Ught Eagte

372 - 395 N/m 2

214 N/m 2

38 - 67 N/m 2

37 N/m 2

Table 2-2 Wing Loadings of Different Aircraft

2.1.4 Aircraft Flexibility

Unloaded, the aircraft's wing spar is straight; however, equilibrium tip deflections

during level flight exceed 1.4 m (4.6 ft), due almost entirely to wing bending near the liftwire

attach point. This curved equilibrium shape must be taken as the reference configuration for

linearized dynamic analyses. Coupling between chordwise bending and torsion is created by

this curvature, leading to the potential of an unusual flutter mode involving chordwise motion

[1,2].

The flexibility of the tailboom is very important for the coupling of lateral rigid-body

modes and flexibility modes, and introduces a considerable time delay between control surface

inputs and the corresponding response of the aircraft. Above a certain frequency, empennage

control inputs have no effect on the overall motion of the aircraft and solely excite structural

modes of the tailboom.
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Fuselage with tailboom: 14.3 kg (31.5Ibs)

Wing: 22.3 kg (49.1 Ibs)

Taft Surfaces: 1.7 kg (3.8 lbs)

Reinforcements: 1.6 kg (3.7 lbs_

Air mass / Length enclosedin the wing: 0.16 kg/m (0.1 lbs/ft)

Wing mass / Length: 0.64 l:g/m (0.43 lbs/ft)

Without Apparent Mass Wi_h Apparent Mass

Ix 815.7 slugs ft2 1596.9 slugs ft 2

Iy 82.9 slugs ft2 138.6 slugs ft2

Iz 849.8 slugs ft2 1185.8 slugs ft2

Ix 11057 kg m 2 21648 kg m 2

Iy 1124 kg m 2 1879 kg m 2

Iz 11520 kg m 2 16070 kg m 2

Table 2-3 Light Eagle l_Lass and Inertias

The natural frequencies of the aircraft's structural modes are comparable with the rigid-

body estimates of the short-period and the dutch roll modes. One must thus expect that

flexibility plays a large part in the aircraft's dynamic response and contributes to aeroelastic

behavior [3]. These effects are described in more detail in the following chapter.
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2.1.5Unsteady Aerodynamics

The chord-basedreducedfrequencyisk = c0c/u= 0.63,correspondingto a frequency

of i Hz, a flightspeedof 8 m/s,and a chordof 0.8m. Thisimpliesthatunsteadyaerodynamic

effects will also play a major role in the dynamic response of the aircraft for all motions above

approximately 0.1 Hz. This frequency is well within the pilot's bandwidth, and within the

spectrumof thecontrolinputsusedduringflighttesting.

2.2 Instrumentation

The goals of the flight test program were to investigate the rigid body and structural

dynamics of the Light Eagle, to evaluate sensors and actuators for the autopilot, and to

determine the power required to fly the Daedalus aircraft. To accomplish these goals, it was

necessary to assemble a Data Acquisition System (DAS) to fly onboard the aircraft. The

syst_n requirements for the DAS and the sensors were unique due to the small weight

allowable and low power available; the entire system weighs approximately one kilogram.

Figure 2-2 illustrates the size and complexity of the system.

2.2.1 Flight Critical Sensors

To allow the pilot to safely and efficiently fly the aircraft, an airspeed indicator and an

altimeter were placed onboard the aircraft. The airspeed was sensed by measuring the rotation

rate of a 7 cm diameter windmilling propellerlocated just aft of theaircraft's main propeller.

Since the airspeed prop was located near the hub of the main prop, the effect of the main

propeller'swash on therotationrateof theairspeedprop was minimized. A smallSamarium-

Cobaltmagnet was embedded ineach bladeoftheairspeedprop. As themagnet moved pasta

Hall-effectsensor,a pulsewas generatedand sentthrougha coaxialcableto theprocessing

electronicsin the cockpit.These electronicsconvertedthe frequency of thepulsesintoa

voltagerepresentativeof theairspeedoftheaircraft(0.1V= 1.0knot). This voltagewas then

10



Data Conditioning Boards

Temperature Sensors

iAutopilot

Rate Gyros

Instrument Panel

Figure 2-2 Data Acquisition System and Sensors



displayed digitally on an Acculex DP-650 LCD panel meter display located in the forward

Section of the cockpit.

The altitude was measured by a modified Polaroid ultrasonic rangefinder. The sensor

generates a burst of ultrasonic sound that propagates through the air, bounces off the surface of

the Earth, and returns to the aircraft. The length of time that this process takes is measured and

is used as an estimate of the range to the ground. With the present configuration, altitudes of

up to 12 meters can be reliably measured with a resolution of 7.5 cm. The output of this

sensor was also displayed digitally on an LCD panel meter in the cockpit (0.1V = 1.0 ft).

A second, "high altitude", version of the altimeter was also constructed. Two of the

Polaroid sound generating and receiving antennae discs were driven in parallel to produce a

more powerful sound pulse. This sensor was ground tested to a range of 24 meters and had a

resolution of 15.0 cm. Unfortunately time did not allow this sensor package to be installed and

tested on the aircraft.

2.2.2 Inertial Instruments

To support the various dynamics experiments in the flight test program, two rate

gyros and two acceleromcters were installed in the aft instrument bay of the fuselage.

For experiments investigating the aircraft's lateral dynamics, the sensitive axes of the

rate gyros were oriented to measure roll rate and yaw rate. For experiments investigating the

longitudinal dynamics, one of the gyros was oriented to measure the aircraft's pitch rate. The

gyros were supplied by General Precision Industries and were their Model QRS-10 solid state

quartz rate gyros. They are characterized by a 180 deg/hr bias uncertainty, a temperature

sensitivity of 6 deg/hr/deg F, and a hysteresis of 14 deg/hr. The outputs of the gyros were

fed into high precision integrators that provided estimates of the pitch, roll, and yaw angles.

12



Though the steady state gyro bias was removed f:om the output of the gyros, the thermal

sensitivityand hysteresiseffectsinthesensorsunfi_rumatelypreventedthedesiredaccuracy

from beingrealizedintheangleestimates.

Two accelerometers were installed in the aft instrument bay of the cockpit. The vertical

accclerometer had a range of +2 g's and the sidefo:_e accelerometer had a range of +0.5 g's.

Since the acceleromcters were not located at the _-af-t's center of gravity, the data from the

accclerometers were post-processed to remove the effect of the moment arm between the

aircraft's center of gravity and the input axes of the _,.celemmeters.

2.2.3 How Direction and Surface Position Sensors

To support the measurement of the dynamics of the aircraft, the angle-of-attack (AOA),

the sideslip, and the deflections of the control surf_.'es had to be measured in flight. The AOA

and the sideslip were measured by vanes moun .ted on the top of the wing support mast. This

mast is at the quarter-chord of the wing and extends approximately 1.8 meters above the

wing's surface. This location was selected since il:minimizes the effects of the prop wash on

the AOA and sideslip vanes; however, this loc_tion does not remove the vanes from the

•upwash of the wing. As a resttlt, the AOA measurements are slightly exaggerated.

The vanes were constructedof balsaand b_sswood, sealedtopreventwarpage. A steel

shaftconnectedthevane to a 5K potentiometerthatwas used toindicatethepositionof the

vane withrespecttotheaircraft.During flighttest:;itwas found thattheAOA signalwas noisy

and thesensorwas replacedby a smallAOA vane suppliedby NASA.

The deflection of the elevator and rudder were measured with 10K potentiometers

mechanically connected to the control surfaces thrc)ugh three-bar linkages. The position of one

13



of the aileronswas measured using a spring-loadedpotentiometcr.A cablewas wrapped

around a drum on theshaftof thepotentiometer.As theaileronwas deflected,thecablewas

pulledoff the drum, thus causing the shaftof thepotentiometerto rotate.As the aileron

returnedtotheundeflectedposition,thespring-loadedshaftrotatedback toitsoriginalposition

and pulledthecableback ontothedrum.

2.2.4 Structural Sensors

The goal of the su'uctm'al tests was to characterize the flexibility modes of the aircraft's

milboom and wing. To sense the modes of the tailboom, two full bridges of 350 Ohm strain

gages were used to measure the tailboom's pitch and yaw bending moments. These gages were

located just aft of the fuselage-tailboom attach point. To reduce the noise in the strain gage

signals, small preamplifiers were constructed and located near each bridge. The entire

assembly was then encased in a balsawood and plywood compartment to minimize thermal

effectson theswaingagesand topreventdamage duringground handlingof theaircraft.

A setof two fullbridgesof 350 Ohm swaingages was mounted on the wing sparjust

outboard of the lift-wireattachpoint. These sensorsprovided measurements of thewing

bending moment at these points. Preamplifiers were also located near these strain gages to

minimize the effects of the noise induced in the long wires back to the data acquisition system.

During severaltests,an 8ram video camera was mounted on theupper fuselagetube

justforwardof thewing'sleadingedge. A wedge shapedmirrorwas thenpositionedaftof the

camera suchthatthereflectionofeach wingtipcouldbe seenby thecamera. The motionof the

tailboomand thedeflectionsof therudderand elevatorcouldbe observedby thecamera under

thebottom of the mirror.Small squaresof reflectivetape,approximately2 cm square,were

placed at variousstationson therudder,elevator,and wing, to allow theirmotions to be

observedmore preciselyinthevideotape.
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2.2.5 Autooilot System

A number of sensors were evaluated to del:ermine the feasibility of using them in an

autopilot for human powered and high-altitude air_-af-t. These sensors included solid state rate

gyros, electrostatic sensors, and a magnetic compass. The gyros and electrostatic sensors were

used to estimate the attitude of the aircraft, specifically pitch and roll angles. In an autopilot,

they would be used in the inner stabilization loop of an airspeed and wing leveling control

loop. The magnetic compass that was tested would allow the autopilot to sense and control

deviations from the desired heading.

The electrostatic sensors were an outgrowth of work done by Maynard Hill [4]. Hill's

sensors consisted of a metal strip surrounded by a region of ionized air. The air was ionized

by placing a radioactive source on the wing upwind of the metal strip. These sensors were

attached to each wingtip of a model aircraft and tLaeiroutputs connected to a high impedance

differential op-amp. If the aircraft rolled, one sensor would be at a higher altitudeand therefore

at a lower voltage potential in the Earth's electric rich than the other sensor. The op-amp

would detect and amplify the voltage potential between the two sensors and would thus provide

an analog indication of the roll angle.

One problem with this scheme is that the gradient of the Earth's electric field can change

drastically from day to day. Unless this gain change is accounted for, the autopilot can saturate

or possibly can be driven unstable. To circumvent this problem, a modified system was tested

on the Light Eagle. Instead of attaching the sensors to the wing, they were attached to each tip

of a small windmilling propeller that extended fcrward of the wing on a small boom. Rather

than measuring the voltage potential between the two sensors, the electronics were configured

to detect when the two sensors were nuUed. This condition occurred only when the

windmining prop was level. A Hall effect sensor was used to detect the passage of a small
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magnet attached to the prop. The phase angle between where this magnet was detected and

where the sensor's null occurred was equal to the roll angle of the aircraft. A similar sensor

was configured to measure pitch angle, except the propeller used here had its axis of rotation

perpendicular to the airflow (similar to an anemometer).

A magnetic compass, with no moving parts, was also constructed and tested on the

aircraR. The compass compares the magnitude of the magnetic flux through two orthogonal

coils and uses this information to estimate the direction of North. The autopilot was designed

such that it would attempt to maneuver the aircraft to keep the sensor pointing North at all

times. The pilot could rotate the coils in flight, thus allowing him to define his desired heading

relative to North.

A set of autopilot actuators was tested on the Light Eagle. These actuators were simply

small servos for radio controlled aircraft. On the Light Eagle, they drove trim tabs on the

trailing edges of the rudder and elevator that in turn caused the redder or elevator to move. The

linkage between the servo and the trim tab was such that the position of the servo arm directly

corresponded to a given deflection of the rudder or elevator. Thus the servo actuaUy

commanded the surface's position, not the surface's rotational velocity. This linkage is

illustrated in Figure 2-3.

This actuator system was first demonstrated in ground tests. The elevator was attached

to a beam and held above a pickup truck as the truck travelled at flight speed. Commands were

then sent to the actuator thus causing the trim tab and hence the elevator to move. The

dynamics of the surface in response to a change in the trim tab position resembled that of a first

order system with a natural frequency of 11.4 tad/see, a damping ratio of 0.7, and a time lag of

0.1 seconds.
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The commands from the cockpit to the actuators were transmitted over a fiber optic

cable to protect against electromagnetic interference. The system worked well in flight and in

fact was used during some high altitude tow tests to set and hold the trim condition of the

aircraft.

2.2.6 Sensors for Power Measurement

One of the prime objectives of the flight test program was to measure the power

required to fly the Light Eagle and the Daedalus aircraft. These data were necessary to proceed

with plans to attempt to fly the Daedalus aircraft 119 kin. To measure the power that the pilot

must supply, the torque on and the RPM of the driveshaft were measured and stored in the

DAS. The torque was measured through a half bridge of 120 Ohm strain gages mounted on

the driveshaft 45 degrees off the tube's axis of rotation. A small preamplifier was mounted on

the rotating robe and was used to boost the strain gage signals before they were sent through

slip rings and on to the DAS. The rotation rate of the driveshaft was estimated by recording the

voltage across a generator that was rotated by the driveshaft. When the rotation rate and the

torque measurement were combined during post-flight processing, the power being put into the

drive system could be estimated.

A second means of determining the power required to fly the _ was to measure the

pilot's heart rate with a small sensor made by AMF. The unit stored the pilot's heart rate as a

function of time and allowed the time history to be downloaded into a computer for post-flight

analysis.

2.2.7 Tem_rmramr¢ Sensors

One of the concerns for making long duration flights in the Daedalus aircraft was that

the pilot might overheat in the enclosed cockpit. To test the heating that could be expected,

four thermistors were placed at various locations in the cockpit. The signals from each

18



thermistor were amplified and displayed as temperatures on an Acculex LCD digital panel

meter. Because of the low bandwidth required in tiff:; data, the data were not stored in the DAS

but rather the pilot simply read the temperatures off the LCD display and radioed them to the

support crew on the ground.

2.2.8 D,_ta Acquisition System

To record the signals from the sensors distributed throughout the airframe, a Data

Acquisition System (DAS) was assembled. The outputs of each of the sensors were filtered

and then stored in a Tattletale data acquisition computer.

One of the important aspects of the flight instrumentation system was the short period

of time between data acquisition and data processing. After each flight, the data were

downloaded from the on-board computer onto floppy disks in an IBM compatible personal

computer in the support van. After flight tests we_: concluded for that day, typically around

10:00 AM due to wind and thermal activity, the data were read off the floppy disks by a

Compact Desk_Pro 386. The data were then transferred through Ethernet onto NASA's

mainframe computer. Du._g that afternoon, the &tta were processed with a NASA parameter

estimation program called pest and by evening, preliminary estimates of the parameters were

available, along with plots of the maneuvers flown that morning. This information allowed

precise planning for the objectives of the following day's flight tests. It also allowed quick

optimization of the maneuvers that would best h_ghlight the data being sought. The pilots

could then be briefed on the new or modified maneuvers that they would perform in the

morning and could practice the maneuvers on the flight simulator.

This system allowed over 150 test flights to be made in three months with all of the

preliminary data analysis being completed in this _ne.
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Due to the stringent cost, weight, and power restrictions on the data collection system,

no off-the-shelf DAS systems were found that could meet the requirements. However, a small

computer, called a Tattletale, was acquired and proved to serve quite well as the onboard

computer. A set of custom data conditioning boards were then constructed to act as an

interface between the sensors and the Tattletale.

2.2.8.1 Data Conditionin_ Boards

During planning stages for the flight test program, it was estimated that potentially up to

40 sensors could be placed onboard the aircraft. The output from these 40 sensors had to be

buffered and multiplexed before they could be stored in the Tattletale computer. To accomplish

this task, a set of four conditioning boards was designed and constructed. Each board was

identical, thus simplifying construction while also allowing repairs to be made in the field

simply by swapping out defective boards.

Each card could receive and process the signals from up to 10 sensors with each sensor

connected into the board by way of a 5 pin connector. One of these pins connected the sensor

to ground and another pin connected it to the reference voltage. A third pin carried the output

of the sensor while two of the pins were unused. The sensor's output entered the board

through the connector and then passed through a ferrite bead that attenuated the noise induced

in the long cable runs to the sensors. The output was then passed through a 5 Hz f_,'st order

low pass filter. For eight of the channels on each board, the gain of this Klter could be changed

simply by turning trimming potentiometers. For the two other channels, both the gain and

offset of the sensor's output could be changed by the trimming potentiometers. Thus each

sensor's output could be scaled to maximize the sensitivity of the data and to minimize the

quantization effects.
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On each conditioning card, the outputs of these low pass filters were then fed into 2

multiplexers whose addresses were selected by the E AS computer. The multiplexers on each

card were driven in parallel, thus the Tattletale had 8 analog signals coming into it, two from

each of the four data conditioning boards. The Tattletale then used its internal multiplexer to

select which of these 8 channels to connect to its A/D. By using this architecture, each sensor

could be calibrated prior to the flight and its gain and offset values recorded for post-processing

of the data.

The set of four conditioning boards plugged :_nto a motherboard that was mounted in a

balsawood cardcage located in the aft instrument bay of the cockpit. The Tattletale computer

was connected to the motherboard through a ribbon cable.

_.2.8.2 Tattletale Data Collection Computer

The Tattletale computer, made by Onset Computers, is an extremely compact, yet

relatively powerful computer. The unit measures only 12. x 6.7 x 3.6 cm and consists of a

microprocessor, 512K of RAM, a 10 bit A/D, and a UART for communication with

peripherals. A number of output lines on the computer are available for controlling external

devices. The Daedalus DAS used four of these lines to drive the multiplexers on the data

conditioning boards.

The Tattletale microprocessor runs BASIC and assembly language programs that are

uploaded from a personal computer. To maximize speed, most of the data acquisition software

was written in assembly code. This allowed the computer to receive and store 17 channels of 8

bit data at 20 Hz. The 20 Hz rate was used thIoughout the flight test program, since it

minimized aliasing of the data. (Recall that the filt:rs on the data conditioning boards had a 5
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Hz break frequency). During measurements of the pilot's power output, the drivcshaft torque

and RPM signalswcrc filteredat 15 Hz and recorded at50 Hz (8 bitdata).

Once the aircraftlanded, the data were downloaded through the Tattlctalc's9600 baud

modem into a portable PC. The amount of download time was approximately equal to the

flighttime, typicallyaround 10 minutes. Operationally thiswas not a significantproblem; the

data were downloaded as the pilotwas being briefedon the next setof maneuvers and as the

aircraft was readied for itsnext flight.

A DAS control panel was positioned in the forward cockpit which allowed the pilot to

start the data acquisition process when the flight began. A flashing LED informed the pilot that

the DAS was indeed taking data. When the tests wcrc complete, the pilot would push the

button again, the LED would stop flashing, and no more data would I_ taken. If the

computer's memory was full, a second LED would inform the pilot to abort the test to allow

the memory to bc downloaded.

2,2.9Additional Use forthe Dam AcquisitionSystem

One unexpected use of the DAS was to investigatethecrash of the Daedalus 87 aircraft

on February 7, 1988. After the crash, flightsin the Light Eagle and the Daedalus 88

highlighted factors thatrestrictedthe controllabilityof the Daedalus 87 during itscrash.

Changes were then incorporatedon theDaedalus 88 ship,thusimproving itscontrollabilityand

providing additionalmargin againsta mishap occuning during theflightin Greece.
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2.3 Flifht Test Maneuvers

The Light Eagle typically flies at 3-4 m (10-16 ft.) altitude and is designed to operate

over a narrow speed range of 6.6-9.1 m/s (13-18 mph). Within this envelope, a set of flight

test maneuvers was defined with which the airlift's stability derivatives and structural

dynamics could be observed. Because the aircraft is marginally powered and has a fairly small

structural safety margin, the flight test maneuvers were severely constrained by safety and

operational considerations. This led to the emphasis on small-perturbation maneuvers.

Fortunately the limitations on the maneuvers did not significantly limit the usefulness of the

data since most of the dynamics models are based on locally linearized models of the aircraft's

aerodynamics. Large maneuvers exceed the rar ge of these linearized models and thus

necessitate the use of non-linear aerodynamic and structural models which are much more

difficulttowork with.

Table 2-4 is a presentation of the flight u:st matrix with the highest priority flights

listed in the first column (unpowered towed flights).

elevatordoublet

rudderdoublet

ailerondoublet

elevatorfzcqsweep

rudderfzcqsweep

aileronfreq sweep

dutch roll

(rudderIailerondoubleO

Unpowered Powered Powered
Towed Flights Flights Long Short

..ElighgL. 15 mph 18 mvh Lfftwire Liftwire

2Hz 2Hz 2Hz

2Hz 2Hz 2Hz

0.5Hz 0.5Hz 0.5Hz

0-3Hz 0- 3 H.T. O-3Hz

0-3Hz 0-3_r 0-3Hz

0-1Hz 0-1Hz 0-1Hz

IHz IHz IHz

Table 2-4 Hight T.*st Matrix

8.

8*

8*

8*

23



All test flights were conducted in the early morning in an attempt to avoid turbulence

and thermal activity. Thus, time available for flight testing was limited to about three hours

every morning. The effects of solar heating on the lakebed became significant after about 10:00

AM, contaminating mostly the angle-of-attack data. The data sets used for parameter

identification generally were taken on extremely calm and overcast days.

_.3.1 Longitudinal and Lateral Dynamics

The aircraft's longitudinal dynamics include the short-period and phugoid modes, as

well as tailboom bending and symmetrical wing bending modes. These modes can be easily

observed with an elevator doublet. In general the exact shape of the doublet is unimportant,

but for best excitation and a reasonable signal-to-noise ratio, the pulse duration should

approximately equal the natural periods of the short-period mode and the taflboom flexibility

mode. Large longitudinal pulses can result in significant flight condition changes and are thus

unacceptable for use with the sma11-pemn'bafion theory.

The Daedalus and the Light Eagle aircraft also exhibit the usual lateral-directional

modes: Dutch roll, roll-convergence, and spiral-divergence. The optimum technique for

exciting all of these modes is to use both aileron and rudder inputs. It is certainly possible to

excite aU the modes with aileron input only or with rudder input only; however, these

approaches require careful design and execution of the desired input. In the experiments on the

Daedalus and Light Eagle aircraft, the lateral-directional inputs consisted of simple rudder

doublets combined with aileron doublets.

2.3.2 Steady Turns

The main purpose of flying steady-state turns was to observe the sideslip angle during

the turns. Preliminary test flights indicated that the steady-state sideslip angle during turns was
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much higher than predicted. This contributed to _c Daedalus 87 accident since the higher

sideslipangles reduced the rudder'scontrolauthority.

The steady-stateturns were flown with two differentdihedrals (4 degrees and 9

degrees) and with two differentcontrolschemes. F_t, only the rudder was used to make the

turn and later,both rudder and aileronwere used. ]3y comparing the resultingmaneuvers, it

was determined thatwith sufficientdihedral,aileronswere not necessarilymore effectivethan

the rudder for the execution of steady-stateturns. Figure 2-4 demonstrates the controllability

of the aircraftduring a steady-stateturnwith rudder only. (The notationused in the plotsof the

flightdata is listedin Table 2-5). Startingat 4 se_conds,the aircraftestablishesan almost

constantyaw ram of 3 deg/scc.The rollangle and the sideslipangle buildup steadilyuntilat 16

seconds, a steadyturnisestablishedwith a constantrudder settingof approximately 3 degrees.

The sideslipangle buildsup graduallyand remains constant during the turn,atapproximately

12 degrees.

2.3.3Control Surface Pulses and Doublets

Control surface pulses and doublets were introduced into the elevator,rudder, and

aileronto excitethe dynami'cs of the aircraft. Tests with the Light Eagle'srudder and aileron

were of particularinterestbecause the Daedalus aircraftdid not have aileronsand therefore

needed to be controllablein the lateralaxis with rudder only. Figure 2-5 shows the time

history of an ailerondoublet followed by a rudder doublet. The aileron doublet startsat 5

seconds and ends at 13 seconds. Itisfollowed by _ rudder doublet thatlasts5 seconds. The

other two time historiesshow the fuselage'syaw rateand rollrateinresponse to these control

inputs. The plotsdemonstrate the significantadvcxse yaw rate(4.0deg/sec) and the relatively

slow rollram (-1.0deg/scc)due toan ailerondeflection.Note thatan ailerondeflectioncauses
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ALT :altitude;[ft]

ALPHA :angle-of-attack;[deg]

AN :normal acceleration;[g]

AX :lonngimdinalaccelleration;[g]

AY :lateralacceleration;[g]

BETA :angle-of-sideslip;[deg]

DA :ailerondeflection;[deg]

DE :elevatordeflection;[deg]

DR : rudder deflection; [deg]

LWING : strain gage signal, left wing up/down bending; [ft lbs.]

p : roll rate; [deg/sec]

Q : pitch rate: [deg/sec]

QBAR : dynamic pressure; [lbs./ft sec2]

R : yaw rate; [deg/sec]

RWING : strain gage signal, right wing up/down bending; [ft lbs.]

TAILUP : strain gage signal, tailboom up/down bending; [ft lbs.]

TAILSIDE : strain gage signal, tailboom left/right bending; [ft lbs.]

V : airspeed; [ft/sec]

Table 2-5 Nomenclature forFlightData
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the aircraft to initially yaw in the direction opposite of the desired turn while a rudder deflection

causes the aircraft to enter an approximately coordinated turn.

Using the dam from these maneuvers, stability derivatives were estimated by initially

assuming a rigid-body aircraft model with quasi-steady aerodynamics. During the test flights it

became obvious that the high flexibility of the aircraft's main su-ucmre, namely the tailboom

and wing spar, invalidated the rigid-body assumption. Therefore, the equations of motion were

then augmented to include flexibility effects by the introduction of a first-order filter between

the control surface deflection and the application of the control torque. The data from the

doublet maneuvers were used to estimate the parameters of the filter since these maneuvers

highlight the time lag due to the tailboom flexibility effects.

2.3.4 Freouency Sweeps

Frequency sweeps with the elevator, rudder, and ailerons were also used to evaluate the

interaction between the aircrafts rigid-body modes and flexibility modes. Test flights have

shown that both the pitch (longitudinal) and the roll-yaw (lateral-directional) responses are

significantly affected by the structural flexibility of the tailboom and wing.

Figure 2-6 shows an elevator frequency sweep starting at 12 seconds with a frequency

of approximately 0.3 Hz, gradually increasing up to 1 Hz. The response from the

accelerometers mounted in the fuselage follows the elevator excitation with little phase lag.

However, from the wing bending moments at the liftwire attach point (RWING/LWING), it is

clear that the outer wing motion due to high frequency elevator inputs is attenuated. This

indicates that for low input frequencies, the rigid-body model may give acceptable results for

control parameter estimation, whereas for high frequencies, a model that includes tailboom

flexibility modes must be used.
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3.0 Parameter Estimation and Aircraft Dynamics

Considerable flight time was devoted to investigating the dynamics and the aeroelastic

behavior of the Light Eagle aircraft. The results from these tests should extend the knowledge

of aeroclastic effects of low Reynolds number aircraft and should prove valuable to designers

of both the structure and the autopilot of high altitude, solar powered research aircraft.

To characterize the aeroelastic behavior of the Light Eagle, sets of strain gages were

placed on its wing and tailboom. Signals from _ese sensors and the other insu'umcntation

onboard the alzcr_ were recorded by the DAS and later processed with a parameter cs_nadon

program. This program tried to optimally fit flight data with a mathematical model of the

ah_aft augmented with various flexibility effects.

Although the basic theoreticalconsiderationsand the datafrom the testflightssuggest

thatthe flexibilityeffectsof the slzuctureand the unsteady aerodynamics effectsare both

significant,the firstattempt to estimate stability_Ld controlderivativeswas based on a rigid-

body model with quasi-steadyaerodynamics. This parameter estimationwas performed using

NASA Dryden software known as pEst [5,6].From the elevator,rudder, and aileroninputs

and the measured aircraftresponse,the program ilerativelyadjustsa specifiedsetof stability

and controlderivativesinorder tominimize thetim,_-integralof the mean squared errorbetween

the measured and the simulatedresponses. The initialestimatesof the stabilityderivativeswcrc

generatedby QUADPAN, a computational method thattreatsthe aircraftas a rigidbody and is

ableto model steady,threedimensional flow aroun=lit.QUAIl)PAN isdescribedin more derail

inreference[7].

PRECEDING PAGE BLAN_ NOT FTLMP_
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3.1 Parameter Estimation

Though the constants that define the aircraft's mass, inertias, wing area, span, chord,

and center-of-gravity location are well known, many of the longitudinal and lateral-directional

stability and control derivatives are not weLl known and are difficult to predict analytically.

Amongst them are Ct_, qp, Ctr, Cn_, Cnp, and Cra. Generally, the effects of Clr, Cnr, Clp,

and Cnp are not significant for the overall behavior of typical aircraft, but in the case of

extremely light wing loadings, low Reynolds number airfoils, high aspect ratio planforms, low

flight speeds, and highly flexible sm_tures, this may not be true. During the Light Eagle flight

test program it was found that as the aircraft turns, much higher angles-of sideslip are

produced than are predicted by QUADPAN. Therefore parameters Like Ct_ and Cn_ become

very important. Also, since the Light Eagle has such a large wing span and such a low flight

speed, much of the rolling moment into a turn is generated by Ctr, which typically is not

significant in more conventional aircraft.

When estimating stability and conu'ol parameters from small perturbation maneuvers,

unusual results may be obtained if too many parameters are estimated at one time. Therefore

when using pest, a number of parameters were fixed leaving only five to six parameters free

that the program would estimate. This lead to an iterative procedure during which one flight

test maneuver would be analyzed with different sets of free parameters. Using this technique,

an understanding was obtained of the importance and the effects of each parameter on the

performance and convergence of the mathematical model of the aircraft.

After analyzing a number of parameters with either the same maneuver or an ensemble

of similar, maneuvers (e.g. rudder doublets), it became obvious that a time delay existed

between when the rudder was actuated and when the yawing moment acted upon the fuselage.

This lead to contradictory estimation results; consequently, the validity of the rigid-body model
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came intoquestion. Figure 3-I shows time historyplotsfor a rudder doublet with the

estimator trying mainly to minimize the error between _e measured and the simulated yaw rate

response,lateralacceleration,and sideslipangle.Less emphasis was placedupon rollrateand

tailsidebendingmoment inordertoimprove thecurvefiton thefirstthreevariables.Although

themaneuver was one of thebestthatwas performedthroughouttheentireflighttestprogram,

itisobviousthatthemilsidebendingmoment isgeneratedmore slowlythanpredictedby the

model.

measure_i response

computed response
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Figure3-1Rudder Doublet (Measured vs Computed Response)
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;3.2 Simnle Model of Flexibility and Aerodynamic La_

Inspection of Figure 3-1 suggests that the computed tailside bending moment response

differs from the measured response by a simple lag. Indeed, such a lag can be explained by the

flexibility of the tailboom itself and by the unsteady aerodynamic effects on the tail surfaces.

Simple estimates, using quasi=steady aerodynamics, suggest that the tailboom lateral bending

morion exhibits an aerodynamic damping of 20 percent of critical. This higtfly damped mode,

with a resonant frequency of 1.4 Hz, resembles a first order lag with a time constant of 0.3

seconds. In addition to this lag, them is aLso a lag due to unsteady aerodynamics. Fung [8]

gives a clear discussion of the the lift produced by an airfoil with a sudden change in angle of

attack. He shows that the unsteady lift is given by a time convolution of Wagner's function

with the downwash at the 3/4 chord point. Wagner's function is w¢11 approximated by

d>(T) = 1 - 0.165e -°-°'*ssT- e -°-°3T

Thisindicatesa first-orderaerodynamiclagwith a timeconstant(basedon rudderchord

of c=0.7 m; U.=8 m/s)of:

= 3.3c =0.14sees

2 U..

These lags have been implemented in the lateral-directional equations of motion by

including a first-order filter between the rudder deflection and the torque applied to the

fuselage.
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x_ =lxL, s +1 8r

Cl = Clo + Cl¢ [3 + __.Ju_ (Clr r + Clp p) + CI_ Xlag
2VR

Ca = Cno + Cn_ [3 + b (Cr= r + Cup p) + Cast Xlag
2 VI;'_

Cy --Cyo +Cy[5_ 4-
2VR

(Cyr r + Cyp p) + Cy_ Xlag

tailside = q SR I ( Cy& Xlag -i* Cy_ _) 4- tailsid%iu

Figure 3-2 shows the improvement in the curve fit (compared to Figure 3-1) on the

tailside bending moment after extending the lat_d equations of motion with the tailboom

flexibility mode. For this curve fit, the same weighl_ have been placed on the yaw rate, lateral

acceleration, sideslip angle, roU rate, and bending moment as were used for the analysis in

Figure 3-1. Table 3-1 presents a comparison between the stability and control parameters as

estimated by pEst from this maneuver, with those computed analyticaUy by QUADPAN. The

differences between the results suggest that the effects of the aircraft flexibility and unsteady

aerodynamics are quite significant.

Note that a considerable discrepancy exists between QUADPAN's and pEst's estimates

ofCIr. This differencemay be explainedby flexit.ilityeffectsinthewing. To initiatea turn,

therudderisdeflected,thuscausingthesideslipmxgletoincrease.Due tothissideslipangle

and theassociatedyaw rate,thewingtipon theoutsideof theturnhas more lifton itthanthe

innerwingtip;consequently,theouterwingtip'sdihedralincreasesand thustheCI13increases.

A significantperiodoftime elapsesbetween when thesideslipdevelops,thewing structure
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D..UAD.e 

0.0000

-0.0070

0.0053

0.0000

-0.1000

-0.79OO

0.2110

0.0000

0.00065

-0.00095

0.0000

0.0000

t

Cyo 0.0425 Cyo

Cyl3 - 0.0063 Cy_

Cy&r 0.0046 Cy_r

Clo - 0.0014 Clo

Cl_ - 0.0007 C_

C_p -0.2445 Clp

Ctr 0.0567 CLr

Cno 0.00006 Cno

Cn_ 0.00002 Cnl3

Cn_ - 0.0087 Cnsr

aybtu - 0.0048 aybiu

0.0000

pest (withlagterms_

0.0332

-0.0040

0.0032

- 0.0013

- 0.0015

- 0.7900

0.1456

O.0O0O2

0.0002

-0.0012

- 0.0033

0.0170

Table 3-1 Parameter Estimation Results
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deflects, and the roU rate begins. Due to this consid.erable time lag, the roll rate is not well

correlated with the sideslip angle; consequently, a poor estimate for CI_ is obtained.

Because of the spectral limitation of the aerodynamic actuation and the apparent high

damping in all the responses, a rigid-body model of the aircraft, when augmented by low-pass

filters to simulate the flexibility effects, has some applicability for modeling the motion of the

aircraft. The model is valid to high frequencie',;, weU into the range where unsteady

aerodynamics and flexibility become important; however, this validity is restricted to

excitations _ the aerodynamic control surfaces and to maneuvers similar to those performed

in the flight tests. Such a model has utility for pilot handling evaluation and for autopilot

design. It is, however, somewhat phenomenological and cannot predict other important

aspects of aircraft motion such as flutter and gust response.

3.3 Aeroelastic Model

In order to obtain a better understanding of the Light Eagie's dynamics, a fuUy flexible

aeroelastic model has been developed from the frequency estimates of Table 3-2. Details of the

model are given in Appendix A. The approach taken in developing the model was to use

assumed modes that were generated by an eigen-an_Llysis of the free-free aircraft with apparent

mass loading but with no flight speed. The analysi,; is marked by the approximate equality of

many structural natural frequencies, rllustrations of the structural modes are provided in

Appendix B. No clear spectral separation betwe_;n the low-frequency and high-frequency

modes has been identified; consequently, it is diffi,:ult to justify the inclusion or exclusion of

any p_icular mode.

To further investigate the aircraft's dynamics, the aeroelastic model of the aircraft has

been extended to include the effects of forward flight speed. Three analyses have been
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L. Structural Natural Frequencies (,_d_ ,pptnmt m-,,):

- tim up/down wle8 bending mode: 0.6 Hx

- tim elevgX_ up/down bendinl_ t Hz

- rust fore/dr win8 bmdin8 mocb
w_h • m_n$ mlboom pgm_'l_tioo: 1.6 Hz

- ._oed up/dovm w_q baxlins mode: U ltl

. tocmd fom/th win8 bead_l rood8
with• smml mlboom pamcipmioa: 5.0 Hz

. _inl up/dram wins bend_I mode: 4_ql_

- mlboom mmou moc_ 0.6 Hz

- firstup/down wing bendinj mode: 0..9Hz

- flr_ foreLii_ win| _endJn| mode: 1.4 H•

- second up/down wing 5endin8mode::7..8Hz

. second fore/aftwm8 bendia8 mode: 3.9 H•

! i i

• I" 2 $ • Ir rqlqUql4seY [Xgl

2. Rigid-body Estimates {quui-steady Nnxl?namics):

118oid: e.1 Hz (UZhdydumped)
shon_ 1 14z (="mczllydamped)
spin_ II sees (unstable)

dmchmfl: 1014_SHz (ovetcr_cgflydampod)

3. Aerodyuamic Lag:

rurst orcJ_ fit to WalPl_s function: pole _t 0.14 Fix
reduced fmqumuJyu I FL_0.63

4. Pilot pedaling: z.8 ,_ 2.o Hz

$. Summary of modeling approaches

t I I

0 0.01 0.1 1 _ "_

0.0_ 0.0 ..... t

Table 3-2 AL,cr_ Strucnn'A Natural Frequencies

performed: (1) the a/rcraft flying at sea level with the nominal pitch inertia, (2) the aircraft

flying at sea-level with an increased pitch inertia, and (3) the aircraft flying at approximately

6000 meters (half the sea-level density) with the nominal pitch inertia. These cases illustrate

how the dynamics of the aircraft change with airspeed, with different payload weights, and

with altitude. The most significant implication of these results is on the design of an autopilot

for a high-altitude RPV similar in construction to the Light Eagle. It is clear that a very



sophisticated and robust autopilot will be necessary to handle the changes in the aircraft's

dynamics due to each of these effects.

The firstanalysiscase examines theaircraft'saeroelasticbehavioratsea-levelwith the

nominal pitch inertia (186 kg-m2). The root-locus plot in Figure 3-3 summarizes the results for

thiscaseby illustratingthetrajectoryof the shortix,ziodand phugoid modes with increasing

airspeed.The respectivefrequencyand damping nttiosof each of thesemodes isshown in

Figures 3-4 and 3.5. It is clear, that the phugoid mode is initially fairly poorly damped;

however, as the velocity approaches 4.0 meters/see, the damping increases significantly.

Simultaneously, the natural frequency of this mode decreases from approximately 1.0 Hz to

0.3 Hz. As the velocity increases further, the daml_ing begins to decrease, and by 7.0 ft/sec,

the damping ratio is less than that at the lowest ah_peed. As this is happening, the natural

frequency of this mode is continuing to drop. Thus at the higher speeds, the phugoid mode

becomes very lightly damped and has a period of approximately 5 seconds. The short period

mode damping is fairly constant throughout the velocity range; however, the natural frequency

of this mode starts around 0.5 Hz and increases almost linearly with airspeed. At 10.0 fVsec,

this mode has a natural frequency of around 1.9 Hz.

A similar analysis has been then performed assuming that the pitch inertia is 30% higher

(242 kg-m 2) than the inertia in the previous case. Figures 3-6 through 3-8 illustrate the

trajectories of the short period and phugoid modes for the aircraft with the increased pitch

inertia. Results similar to those of the previous case are found; however, now the aircraft's

short period mode is initially located where the phugoid mode was initially located in the

previous case. Furthermore, in the prior case, the short period mode was not oscillatory at the

lower airspeeds, now however it is. As the airspeed increases, the frequency of the short

period mode increases, but the rate of increase is less for this case than for the previous case.
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For this higher inertia case, the phugoid mode is initially well damped, much more than before;

however, as the airspeed increases, the damping decreases to the level observed previously.

An analysishas alsobeen performed assuming thattheairdensityishalfthatof the

original case. This corresponds to an altitude of 6000 meters. The pitch inertia is assumed to

be identical to that used in the first analysis. From Figures 3-9 through 3-11, it is clear that the

short period mode is now oscRlatory throughout the entire speed range. Furthermore, as the

airspeed increases, the rate at which the short period's natural frequency increases is less than

the rate observed in the sea-level case. The natural frequency of the phugoid mode is fairly

constant across the speed range for the high altitude case; whereas, there is considerable

variation in the sea-level case. Also for the high altitude case, the phugoid damping is much

better at airspeeds below 4.0 meters/sec; however, above this speed, the damping ratios for

both cases are almost identical

The resultsof theseanalysesindicatethata sophisticatedautopilotwillbe requiredto

stabilizetheLightEagle ifitisused as a high-altitudeRPV. Changes inairspeedand altitude

have a significanteffecton thedynamics of theaircraftand theseeffectscannotbe ignoredin

designingtheautopilot.Furthermore,changes inthemass and distributionof thepayloadwill

change thepitchinertiaand willtherebyaffectthenaturalfrequenciesof the aircraft'spitch

modes. The autopilotwillhave to be flexibleenough and robustenough to handleallthese

conditions.Furtherconstraintsareplacedon theautopilotrobustnessdue touncertaintiesin

theaeroclasticmodel of theaircraft.The acroclasticmodel isof high orderand representsa

significantcomputationalextrapolationfrom experimentallyverifiedresults.In order to

improve theconfidencein themodel, experimentalvalidationwillbe necessary.A ground

vibration test can be used to validate the model at zero flight speed and with different boundary

conditions. Additional flight tests using excitation schemes other than aerodynamic control
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surfaces may prove necessary to provide sufficie:_t high frequency content to identify

parameters associated with the faster degrees of fre,_om. Novel excitation schemes might

include dropping weights, firing small rocket moto_, and having bicyclists pull on ropes.

Even with these tests, it is unlikely that such a large model would ever be fully validated

experimentally.

3.4 Daedalus Autonilot Performance

Because the final flight of the D_us aircraft was expected to take four to five hours

to complete, an autopilot was designed to help simplify the pilot's task of controlling the

aircraft. The autopilot was never actually flight tested due to difficulties in developing the

required sensors. Nevertheless, it is interesting to analyze the performance that the system

would have had in light of the aircraft dynamics observed dining flight tests. The design of the

control system was based on rigid-body dynamics with the stability derivatives predicted by the

QUADPAN computer algorithm. However, the flight tests have demonstrated that the aircraft

exhibits additional dynamics due to the flexibility of the structure. Furthermore, the data from

the flight tests have produced estimates for the stabifity derivatives, some of which are quite

different from those predicted by QUADPAN. In the following sections, the design of the

autopilot is described and the performance of the system is evaluated with the updated aircraft

dynamics.

3,4.1 Autopilot Design

The autopilot was designed to maintain a co_stant airspeed (independent of the power

supplied by the pilot), to hold a wings level attitude, and to track a desired heading. To

minimize the complexity of the system, the autopilct was designed such that all control inputs

were to have been made through the rudder and elevator;, the ailerons would not have been

used.
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• 3.4.2 Airsoeed Hold System

The airspeed hold system rnaxi_zes the performance of the aircraft by keeping the

airspeed close to the velocity at which the maximum lift to drag ratio is achieved. If the aircraft

is flying faster than this speed, the control system corrects by gaining altitude, thus converting

the excessive kinetic energy into potential energy. If the aircraft is flying slower than the

optimal speed, the aircraft dives to regain the necessary velocity.

To implement this system, both an attitude sensor and an airspeed sensor are required.

The first step in stabilizing the longitudinal dynamics is achieved by feeding back the signal

from the attitude sensor (Figure 3-12). Next, the airspeed is regulated by feeding back the

difference between the aircraft's desired velocity and its actual velocity. F'mally, the steady state

error is forced to zero by feeding back the airspeed error through an integrator. The three

feedback signals are summed to create the position signal for the elevator servo. This signal is

then passed through a limiter so that excessive elevator deflections are not commanded.

3.4.3 Wine Leveler and Headine Hold System

To maintain a wings level attitude and to maintain the correct heading, a lateral control

system has also been designed for the aircraft. The block diagram of this system is shown in

Figure 3-13. Note that stabilization is achieved simply by feeding back the roll angle and

heading error signals.

3.4.4.0 Autot_ilot Performance with Ribald-Body Versus Flexible-Body Dynamics

The autopilot was designed using QUADPAN estimates of the stability derivatives and

assuming rigid body dynamics; consequently, it is interesting to investigate the system's
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performance with the aircraft'sdynamics augmented with the tailboom flexibilityeffects

• described in Section 3.2. To evaluate the effects of the modified dynamics, first the open-loop

longitudinal dynamics are compared with and without the flexibility effects. The airspeed hold

autopilot's closed-loop performance is then investigated using each of the dynamics models.

Next the lateral dynamics are explored. Simulations of the open loop lateral dynamics are

compared with and without flexibility effects present. The stability derivatives are then

modified to represent those derived by pest from the flight test data. Finally, the heading hold

autopilot is evaluated with these new dynamics present.

3.4.4.I Ooen-Looo LonL,itudinalDvnarnics

The rigid-body,open-loop response of the aircraft'slongitudinalaxis isshown in

Figure3-14 for a -2.0degree stepin theelevatorsetting.As expected,the change in the

elevatorsettingcausestheaircrafttopitchup. Thisinturncausestheaircrafttogainaltitude

and toloseairspeed,thuscausingthephugoid mode tobe excited.

Superimposed on the rigid body dynamics in Figure 3-14 are the dynamics including

flexibility effects. The plot of the elevator setting reveals how the flexibility of the tailboom

causes a lag in the effective elevator setting. This lag results in a corresponding lag in the

change in pitch angle, altitude, and velocity of the aircraft. Furthermore, the magnitude of

these changes are slightly reduced due to the flitering effects of this flexibility. If higher

frequency control inputs are made, the magnitude of the effective elevator settings will also be

attenuated due to the filtering effects of the tailboom flexibility.

3.4.4.2 Closed Loop Lon_mdinal Dynamics of the Airspeed Hold System

The rigid-body, closed-loop dynamics of the airspeed autopilot are illustrated in Figure

3-15. At 5 seconds into the simulation, a 1.0 meter/see airspeed change is commanded. The
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autopilotcommands the aircraft to pitchdown inord_ toincreaseitsvelocity.This increase in

kinetic energy results in a corresponding decrease in l:)otential energy (altitude). By the end of

approximately 5.0 seconds, the autopilot has settled to the desired airspeed.

When the airspeed hold system was designed, the magnitude of the flexl"bility effects in

the tailboom were not foreseen; consequently, its =:lesign was based solely on rigid body

dynamics. From flight data it has become obvious that this assumption was not valid. Figure

3-16 shows the marked difference in the autopilot's p =rformance when the tailboom flexibility

effects are included. Note that the aircraft's response, though stable, is now oscillatory even

after 30 seconds of time. This autopilot performance is obviously unacceptable and, due to the

velocity oscillations, the efficiency of the aircraft is now compromised.

e

A quick study was made to determine if the mttopilot's performance could be improved.

One technique that proved to be relatively successful was to augment the pitch angle
f

stabilization loop with pitch rate feedback. Figure 3-17 shows the improved performance.

Note that now, the oscillations are much more damped and after 10 seconds, the system has

settled to the desired airspeed. It is likely that even better performance can be achieved if a

more complete and systematic design process is used.

It was hoped that the autopilot's performa:ace could have been evaluated with the

longitudinal stability derivatives measured during flight tests. However on February 7, 1988,

the Daedalus 87 aircraft crashed due to insufficient roU control. As a result, the priorities of the

flight test program were shifted and work was di_-ected toward solving this lateral control

problem. Therefore, most of the data collected was in the lateral axes; insufficient data was

obtained to reliably estimate the longitudinal stabilit_ derivatives.
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3,4,4,3 Open-Loop Lateral Dynamics

The rigid-body, open-loop response of the aircraft's lateral axis is shown in Figure 3-

18 for a 5.0 degree rudder pulse. (The model used in this simulation assumes the QUADPAN

stability derivatives). The resulting yaw rate and sideslip angle cause the aircraft to start rolling

to the left; consequently, the heading changes to the left. Note that once a roll angle is

established, even with no rudder input, the aircraft's roll angle continues to increase. This is

the spiral divergence mode that resulted in the crash of the Daedalus 87 aircraft.

Also shown in Figure 3-18 is the aircraft's open-loop lateral response with the tailboom

flexibility effects included. The primary effect of the flexibility is the time lag between when

the rudder change is commanded and when the yawing moment is effectively applied to the

aircraft. The filtering characteristics of the flexibility also reduce the high frequency

components of the yawing moment; consequently, the yaw rate and roll rate magnitudes are

slightly reduced.

Figure 3-19 demonstrates the open-loop dynamics of the aircraft assuming the stability

derivatives estimated by pEst. Note that for the same input that was used before, the response

is now totally different. The maximum sideslip angle developed for this case is only about 0.3

degrees while with the QUADPAN derivatives, approximately 3 degrees of sideslip developed.

This is explained by the fact that the CnSr estimate is an order of magnitude smaller for the

flight test results than for the QUADPAN estimates. Furthermore, since the Cl_ estimate from

the flight tests is two orders of magnitude below that predicted by QUADPAN, the aircraft

does not continue rolling even when a sideslip angle is present. These characteristics are not

typical of the dynamics observed during flight tests and conflict with the control strategies used

by the pilots to control the aircraft. The difficulties in estimating these derivatives can be

partially tracedto measurement noise and unraodeled flexibility effects. Specifically in the
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lateral axes, turbulence and localized thermals caus = motions of the aircraft that the estimator

• tries to match with control inputs. The erroneous ccrrelation of this noise to control inputs can

cause unrealistic values to be estimated for the stab_ity derivatives.

3.4.4.4 Closed-L_r_o_u T _teral Dvnarnics

A simulation of the lateral control system acling on rigid-body dynamics is illustrated in

Figure 3-20. At 2.0 seconds into the simulation, a 5.0 degree heading change is commanded

by the plloL The autopilot commands a rudder deflection that causes the aircraft to yaw to the

right. This causes the aircraft to roll right and thexefore to steer towards the desired heading.

As the aircraft approaches the commanded heading, the roll angle decreases and the aircraft

settles on the desired heading.

Figure 3-21 illustratesthe performance of the autopilot when the flexibility of the

tailboom is included. Note that the flexibility effects cause the aircraft's response to be slightly

more oscillatory than when rigid body dynamic._, are assumed. Furthermore, the autopilot

commands slightly larger control inputs with the flexible tailboom. Considering the low

bandwidth required for the lateral control systerrL, these slight degradations in the aircraft's

response are not considered significant enough lo warrant a redesign of the lateral control

system.

Because the stabilityderivativesderived from the flighttestdata do not produce a

plausible aircraftresponse, the autopilotwas nc,tevaluated using these dynamics. Before

furtherautopUot designs are investigatedand before unmanned flightsare attempted with the

Light Eagle, itisadvisablethatthe discrepancy b_.tween the stabilityderivativesestimated by

QUADPAN and the stabilityderivativesestimatedfrom flightdata be resolved.
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3.5 Summary

It is clear from the parameter estimation results that unsteady aerodynamics and

structural flexibility effects have a significant impact on the dynamics exhibited by both the

Light Eagle and the Daedalus aircraR. Significant lags have been observed between when the

rudder is deflected and when the resulting moment acts on the fuselage. This lag has been

attributed to unsteady aerodynamics and structm'al flexibility. When the angle of attack of the

rudder is quickly changed, a delay of approximately 0.14 seconds occurs before the lift on the

rudder changes accordingly. After this force is generated, an additional lag of 0.3 seconds

(due to tailboom flexibility) results before the moment is effectively applied to the fuselage.

When these lags are accounted for in the parameter estimation program, better results are

obtained for many of the stability derivatives.

The structural model of the aircraft should be extended to include the flexibility effects

of the wing. Using the rigid body model for the wing, the parameter estimation program

underestimates the value of C115by two orders of magnitude. It is believed that when a sideslip

is generated, the outer portion of the wing begins to roll into the turn and, due to the change in

the direction of the lift vector, the heading begins to change. Only after a significant lag does

the center section begin to roll. Since the rate gyros were mounted in the fuselage, they did not

sense the roll rate until the center section began to roll. Due to the lag between when the

sideslip was initiated and when the gyros sensed the roll rate, the estimator did not correlate the

two signals; thus the estimate is quite poor.

The performance of the autopilot has been investigated in the light of the flexibility

effects observed in the tailboom. Results indicate that the nominal autopilot design would not

have exhibited acceptable performance due to these flexibility effects; however, with a simple
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augmentation of the compensation technique, adequate performance can be achieved. This

•resultemphasizesthatifa highaltitudeRPV isconstructedthatissimilarindesigntotheLight

Eagle,an accuratemodel of the aircraft'sdynamics must firstbe developed and validated

beforetheautopilotcan be designedwithany confidence.

An aeroelasticanalysishas been perform,_'don the aircraft'sstructure.When no

forward aixspcedis includedin the analysis,the aircraft'sstructureis characterizedby a

significantnumber of closelyspaced flexibilitymodes. (These modes are illustratedin

Appendix B). Due to theclosespacingof thesemodes and therelativelyhigh freclucncics

involvedin some of them, the observationof each mode isdifficultin flight.Since the

frequencycontentof aerodynamicsurfacedeflectio_Isarenotsufficienttoexcitemany of these

modes, othertechniquesmust be devised.Possibl(:means of excitationincludeplacingsmall

shakersonboard theaircraft,f_ingsmallrocketmotors,and having ground personnelpullon

ropes duringthe flight.Additionalinsightmay te obtainedby performing a ground-based

vibrationexcitationtest.

By extendingtheaeroelasticmodel toinc]ude theeffectsof forward flightspeed,the

variationinthedynamics oftheaircraftwithairspe,_have been investigated.Three caseshave

been analyzed:(1)theaircraftflyingatsealevelv,iththenominalpitchinertia,(2)theaircraft

flyingatsealevelwiththepitchinertiaincreased30%, (3)theaircraftflyingatan altitudeof

6000 meterswiththenominalpitchinertia.Each caseexhibitssignificantlydifferentdynamics

astheairspeedincreases.From thesefindings,itisclearthatifan aircraftsimilartotheLight

Eagleisused asa highaltitudeRPV, a robustautcpilotwillbc necessarytocontroltheaircraft

ateach airspeed,atallaltitudes,and withdifferentpayloads(differentpitchinertias).
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4.0 Power Measurements

One of the primary goals of the flight test program was to determine the power required

toflytheDaedalusaircraft.Thisinformationallowedan estimatetobe made of theendurance

that each of the pilots would have in the aircraft. It was essential to verify that the pilots and

the aircraft would have suflScient endurance and therefore suffi_ent range to complete the 119

km flight in Greece.

4,1 Data Collection and Processing

To estimate the power required to fly the Daedalus aircraft, the driveshaft's torque and

RPM were recorded by the Tattletale Data Acquisition Computer at a 50 Hz rate. Airspeed,

altitude, redder deflection, and sideslip angle were also recorded but only at a 3.8 Hz rate (1/13

the rate of the power measurements) in order to sace memory. A sample of the raw data is

shown in Figure 4-1 whom the torque and rotation r_te signals have bccn multiplied to produce

the power signal The only filtering pecformed on ttLiSsignal was the 15 Hz filter built into the

Data Acquisition System; no post-processing filtering has been done. Considering this fact,

the signal looks quite clean and relatively consistcnl:. It is interesting to note in Figure 4-1 that

the pilot appears to have one leg that is stronger than the other. This is evident by observing

the power peak at the 68.75 second mark. At this point, the pilot's strong leg is going over the

top of the pedaling stroke and therefore is producing a large torque and hence a large power

value. His strong leg then continues to move forward until it reaches its maximum extension;

at this point the torque and power am at a minimum. Next, his weak leg approaches the top of

circle, its point of maximum torque. However, this power level is substantiaUy below that

produced by the other leg when it was in the same position in the pedalling cycle. This

characteristic is fairly consistent throughout the dam.
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The data collected during one of the flights (Flight 307B) is shown in Hgures 4-2

through 4-5. In this flight, the pilot held the airspeed approximately constant while flying a

nearly parabolic altitude trajectory. (The altitude is measured fi'om the ground to the bottom of

the fuselage). Note that the power increases as the pilot adds energy to gain altitude and

airspeed. Conversely, the power de_rcases when the pilot descends or loses airspeed. Due to

these effects, it is difficult to determine the actual power being produced by the pilot over a

given time interval. Therefore, instead of analyzing the data as power output, the power signal

has been integrated and processed as energy. By doing this, the energy put into increasing

the altitude (potential energy) and increasing the airspeed (kinetic energy) can be compensated

for. The integratedpower signal,without the altitudeand airspeed compensation, isshown in

Figure 4-6. Itisclearthatat the beginning of the flight,as the pilotgains altitude,the power

required is quite high, as evidenced by the steep slope during thistime. Conversely, as he

loses altitudeatthe end of the flight,the slope of theline,and hence the power required,
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decreases significantly. To correct this problem, the integrated power signal has been

compensated for the altitude and airspeed energy effects (Figure 4-7). After these

compensations are made, the slope of the energy line becomes much more constant, and thus

its slope represents the power required to fly the aircn,£t at constant airspeed and altitude. This

power level is equivalent to the power required to over'come the drag of the

Though the energy time history has been compensated for variations in the kinetic

energy due to changes in airspeed, no attempt has been made to correct for the decrease in the

aircraft's efficiency if the flight speed is higher or lower than the optimum. Due to this

variation in the efficiency, the resulting power estimate may be biased if the airspeed varies

considerably over the period of time being analy:,.ed. However, if the airspeed is fairly

consistent over a relatively long period of time, the change in the power level can be correlated

with the different airspeeds, and thus the most efficient airspeed can be observed.

Fortunately, during each of the sections of the flights analyzed, the airspeed is sufficiently
i

constant that the power estimates should not be biase_t and thus the efficiency of the aircraft can

be observed at the different airspeeds.

The compensated energy plot for Flight 30713 (Figure 4=7) has been numerically fitted

with a straight-line to allow the slope of the plot _md thus the power level to be estimated.

Through this process, it has been discovered that the pilot was supplying 157 Watts (0.21 Hp)

of power, somewhat less than the theoretical estimale of the power required. It is believed that

errors in calibrating the power measurement sensors resulted in the low power estimates.

Though the absolute magnitude of the power measmements are low, the estimates are still quite

useful in observing relative changes in the power wiLh airspeed and altitude.

To evaluate the quality of the straight-line numerical fit, the error between the
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compensated energy line and the numerically-fiRed line has been plotted in Figure 4-8 (see

previous page). Quantitatively, the fit is quite gocxt; however, the remnant is certainly not

white noise. Indeed, the error appears to be correla_i with altitude and implies that the power

decreases with altitude. This effect is examined more closely in the following section.

4.2 Altitude Effects

The data from Flight 307A are shown in Figures 4-9 through 4-12. The purpose of this

flight was to investigate ground effect; therefore, the pilot flew at four different altitudes but at

approximately the same airspeed. (The altitude is measured from the ground to the bottom of

the fuselage). Note that throughout the flight, the rudder deflection and the sideslip angle are

relatively small Though the sideslip indicates a fairly constant five degree offset, it is believed

that the calibration was slightly biased. This finding is consistent with sideslip angle data from

other test flights.

The raw data from Flight 307A has been processed in the manner described above.

Figure 4-13 shows the integrated power signal with no compensation. It is clear from the

figure that the resulting signal is not linear but contains several changes in slope which

represent changes in the power level input. By compensating the energy plot for the energy put

into increasing the aircraft's altitude and airspeed, it can be seen from Figure 4-14 that these

compensations do in fact improve the linearity of the integrated power signal.

The data have been analyzed in four sep_'ated sections corresponding to the four

different altitudes flown during this test flight. The resulting periods are from 35 to 90

seconds, 135 to 180 seconds, 220 to 280 seconds, and 360 to 500 seconds. Estimates of the

slope during each of these periods are listed in Table 4-1 along with the mean and standard

deviations of the airspeed, altitude, rudder defle,:tion, and sideslip angle. Note that the
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airspeed is fairly constant over the entire flight. Also listed in the table are the standard

deviations of the errors between the compensated energy data and the straight line fit to that

data.

Lowest A1t Low-Middle Alt Middle Alt High Alt

(135 to 180 sec_ (220 to 280 sec_ (360 to 500 sec_

Altitude (meters)
Mean 0.56 2.20 3.31 5.28
Std Dcv 0.130 0.088 0.185 0.191

Airspeed(meters/see)
Mean 5.50 5.47 5.29 5.46
StdDev 0.086 0.07:_ 0.123 0.145

Rudder Deft (T_g)
Mean -0.34 - 0.15 0.90 - 0.70
Std Dcv 1.23 0.93 1.64 1.12

Sideslip (Deg)
Mean -3,21 - 4.06 - 3.63 - 5.69
Std Dcv 2.08 1.53 2.35 2.00

Energy ErrorOg-sec)
Std Dcv 79.1 97.7 75.3 132.0

Power (W)
Mean 141.0 143. t 137.3 130.6

Table 4,-1 Data Summary for Flight 307A

By examining the power estimates at each attitude, it is clear that the power generally

decreases with altitude. The exception to this is at the very lowest altitude. This suggests that

two effects arc actually present: a "classical ground effect" and an "inverse ground effect". It is

believed that the inverse ground effect is caused by turbulence in the Earth's boundary layer.

The diameters of the largest boundary layer eddies (which represent most of the turbulent

kinetic energy) arc proportional to altitude; thus closer to the ground, the energy in the

boundary layer becomes concentrated in eddies of sraaller and smaller diameter. EventuaLly the

eddies become sufficiently small (approximately 0.5 cm) that they trip the laminar boundary
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layer on the wing. As a result, a greater percentage of the wing area is covered with turbulent

flow. Consequently, the aircraft's drag and the power required both increase as the aircraft

flies closerto the ground.

From the data it also appears that at extremely low altitudes, the classical ground effect

overrides the inverse ground effect and results in a slight decrease in power due to the slight

reduction in induced drag. Further data supporting these hypotheses are presented later in this

chapter.

There is some subjective data that also supports this theory. When Kanellos

Kanellopoulos flew the Daedalus aircraft from Crete to Santorini, Greece, he observed that

when flying at 12 meters (39 ft), the required power was less than when flying closer to the

surface of the water. Also, during the crossing of the English Channel by the Gossamer

Albatross, Bryan Allen was almost forced to abort the flight due to the high power required

_ when flyingatan altitudeof 1.5meters(5ft).However, when he increasedhisaltitudeto4.5

meters(15 ft),he found thattherequiredpower decreasedand he was thusabletocompletethe

flight[9].Although most of theupper surfaceoftheAlbatrosswing was probablyturbulent

(judgingfrom the particularairfoilon the Albatross),itispossiblethatthe atmospheric

turbulenceduringAlien'sflightwas of sufficientintensitytotripthelaminarboundary layeron

thebottom surfaceofthewing. Thiscouldexplainthehigherpower attheloweraltitude.

For each of the four sections analyzed in Flight 307A, the errors between the

compensated energy data and the straight-line fits have been plotted in Figures 4-15 through 4-

18. From these plots, it is clear that the residual errors are quite small. Note that a 74.6 W-sec

(0.1 Hp-sec) error in energy is equivalent to a 7.6 cm (3 inch) error in altitude for a 30.9 kg

(68 lbs) aircraft and a 65.1 kg (152 lbs) pilot. This altitude error is equivalent to the
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quantizationof the altimeter.

power estimatesisquitehigh.

Sincetheseerrorsareremarkablysmall,theconfidencein the

4.3 Discussion of Possible Instrumentation F.rrors

Bias and scale factor errors in the altimeter measurements have been investigated to

determine if they could produce results that might be misconstrued as the "inverse ground

effect". Figures 4-19 and 4.20 illustrate that this is not possible. In these drawings, it is

assumed that the pilot is initially flying at altitude hi, and then adds extra power to increase his

altitude to 112. The darker line indicates the actual energy required to perform this maneuver. If

a positive scale factor error exists in the altimeter, the,,change in altitude and thus the change in

potential energy is overestimated; consequently, when the data is compensated for the potential

energy effects, it is actually overcompensated (the lighter line in Figure 4.19). During the

gradual increase in altitude, the scale factor error would thus cause the slope of the energy line

to decrease and thus cause the power to be underestimated. However, when the aircraft is at

constant altitude, the altimeter scale factor error does not cause a change in slope; it simply

causes a constant offset to the compensated energy line. Consequently, the scale factor error

will not cause an error in the power estimate while the aircraft is flying at constant altitude. By

examining Flight 307A, it is clear that the aircraft is flying at a nearly constant altitude during

the times over which the data has been processed. Therefore, an altimeter scale factor error

would not explain the "inverse ground effect" seen in the data.

Similarlya bias in thealtimetermeasurement would not affectthepower estimate.The

biaswould simplyshifttheleveloftheentireenergydatabutwould notchange theslopeofthe

line.Since theslopeisnotaffected,thepower estimateisnotaffectedand again,would not

explainthe"inverseground effect"observed.
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4.4 Airsneed Effects

The remainder of the flights were made at different airspeeds; therefore, it is difficult to

observe the effect of altitude on these power estimates until the airspeed effects are first

accounted for. The data from all of these frights have been analyzed in the same manner as

described above; each flight has been analyzed in sections over which the altitude and airspeed

are approxim,_tely constant (see Appendix C for raw clam of Flights 307C, 307D, and 307E).

These results are summarized in Table 4-2. To allow the aL-'speed effects to be separated from

the altitude effects, each power estimate has been ploRed in Figure 4-21 versus altitude and

airspeed. In this figure, the values next to each &ta point are the corresponding power
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Flight
Analysis Velocity (meterlsec)
Period

(secs) Mean SId Dev

Altitude (meters)

Mean SId I:)ev

Rudder (Deg)

Mean Ski l:)ev

Sideslip (Deg)

Mean Std Dev

Energy Error Power

Std Dev (W-sec) ON)

307A

307B

307C

307D

307E

1 35-90
2 135-180
3 220- 280
4 360-500

1 30-70
2 70 - 200
3 200 - 240

1 0-350
2 400-500
3 550- 700

1 100-150
2 170-230

1 31 -70
2 90 - 130
3 150 - 190
4 230 - 290
5 290 - 360
6 360 - 410
7 500 - 560
8 560 - 600
9 600 - 690

5.50 0.086
5.47 0.072
529 0.123
5.46 0.145

5.78 0.122
5.73 0.140
5.70 0.116

5.12 0.182
5.95 0.235
5.42 0.152

5.51 02.10
5.63 0.169

5.43 0.164
5.36 0.122
5.51 0235
5.50 0.158
5.52 0.146
5.49 0,210
5.45 0.180
5.66 0.152
5.69 0.174

0.56 0.130 -0.34 123 -3.21 2.08 79.1 141.0
2.20 0.088 -0.15 0.93 -4.08 1.53 97.7 143.1
3.31 0.185 0.90 1.64 .3.63 2.35 '753 137.3
5.28 0.191 -0.70 1.12 -5.69 2.00 132.0 130.6

2.72 0.762 -1.58 125 -5.34 2.35 208.9 168.6
3.94 0.488 -0.91 1.51 -4.85 3.44 299.1 150.8
2.03 0.796 .0.37 1.33 2.10 0.25 185.0 170.2

1.92 0.637 .0.62 2.88 -1.16 4.50 470.0 120.9
3.29 0.347 -1.02 3.77 -4.39 4.69 253.6 165.6
1.52 0.570 -0.93 4.17 -5A2 4.50 440.1 136.5

3.00 0.661 -2.35 4.50 -6.85 6.34 551.3 161.8
2.40 0.430 -0.17 2.61 -3.01 4.08 379.0 147.8

1.12 0.201 -0.77 2.74 -5.76 3.97 164.1 161.2
1.75 0.396 1.06 3.13 -1.17 5.79 350.6 184.1
3.18 0.384 .3.80 3.65 -6.77 7.80 2461.8 107.7
2.33 0.433 -1.65 2,09 -4.58 4.10 387.2 155.5
1.46 0.485 -0.25 1.92 -2.88 3.39 429.7 172.5
2.68 0.472 1.42 3.51 0.77 6.96 391.7 124,4
1.50 0.360 -0.41 2.25 0.58 4.64 402.1 181.2
2.45 0.689 -0.60 2.62 -2.54 4.82 596.8 127.8
1.67 0.396 -0.14 2.12 .3.41 3.02 446.1 165.7

Table 4-2 Summary of Flight Data



estimates for that section of the flight. The data substantiates the hypothesis that the power

decreases with altitude. The two exceptions to this statement are Hight 30"/C, subsection 3 and

Hight 307A, subsection 1. Though these portiorLs of the flights were performed at low

altitudes, the power is actually less than for other flights made at higher altitudes but at

approximately the same airspeeds. This suggests that the classical ground effect may be

present and may cause a slight reduction in the power required when the aircraft is extremely

close to the ground.

The data from sections of Flights 30"/D and "KT/E (see Table 4-2) have not been plotted

in Figure 4-21 due to the widely varying power esthnates. The decision to ignore these results

was made only after carefully examining the time histories of the energy input., the altitude, the

airspeed, the rudder deflections, and the sideslip angles. Flights 30"/D and 3ff7E were the last

flights performed on the day the power measurements were made; as a result, they may have

been performed during a time of increased thermal, activity and therefore greater turbulence.

This increase in turbulence has been observed to st_xt quite abruptly on Edwards Dry Lakebed

and to wary considerably from location to location cn the lakebed. This second effect has been

attributed to the damp condition of the lakebed, a result of the frequent rains. The damper

portions tended to be darker and therefore ter=ded to exhibit greater thermal effects;

furthermore, the water vapor rising off the damper portions also tended to create vertical air

movements. The effect of these air movements caJl be seen in the data from these two flights

(see Appendix C for the raw data from Flights 30"7D and 307E). In Figure 4-22, the energy

time history for Flight 307D shows that the power input is very inconsistent; data from

previous flights exhibited a much more linear bel_avior. It is clear that between 80 and 100

seconds, the power required to fly the aircraft is nearly zero, as indicated by the nearly

horizontal slope. This event is also accompanied b:r a rapid increase in altitude. Consequently,

it appears that the aircraft was flying through a upward moving thermal. However, after the
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aircraft leaves this thermal, the associated sink is encountered, thereby increasing the power

iequired to fly the aircraft. This explains the high power estimate for the first section of Flight

307D. Because of these disturbances, this dam point was deleted from Figure 4-21. The

power estimate for the second section of this flight is not unreasonable; however, the thermal

effects clearly cause abrupt changes in the slope of the energy time history. These effects raise

doubt as to the accuracy of the power estimate made during this time; as a result, this estimate

has also been deleted from Figure 4-21.

Similarly, data from Flight 307E appears to be significantly distorted by thermal effects

as demonstrated by the short term changes in the slope of the energy plot and by the poor fit in

the energy error plot (Figure 4-23). To demonstrate these effects, the dam from this fright have

been evaluated over nine separate intervals (Table 4-2). This analysis shows that the power

drops significantly as the aircraft gains altitude and increases greatly when altitude is lost;

however, the decrease in power with altitude is too large to be explained by the inverse ground

effect theory. This implies that strong air currents are being generated that cause the aircraft to

gain and lose altitude. The lower power estimates occur during periods of updrafts; the higher

power estimates occur during periods of downdrafts.

Thus havinge'_ theanomalous datafrom Flights307D and 307E, itisnow clear

from Figure4-21 thatthepower indeeddecreaseswith altitudeand increaseswith airspeed.

Due to the lackof dataatconsistentaltitudes,itisdifficultto totallyseparatetheeffectsof

altitudefrom thoseof airspeed;however,itdoes appearthatthelowestpower estimateoccurs

atthe lowest airspeed.This isnot totallyexpected. Classicalaircrafttheoriespredictthat

below theoptimum airspeed,thepower shouldstarttoincreasedue tothehigh angleofattack

require& From thelimitedquantityof Daedaluspower data,thiseffectcannotbe observed.If

a greaterrangeof airspeedsaretestedinthefuture,thiseffect,however,willbecome evident.
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To compare the powers estimated from the flight data with those predicted by the

•theoretical drag computations on the aircraft, the theoreticaUy derived powers for a range of

airspeeds have been listed in Table 4--3. Note that no altitude effects are assumed in the

calculations. It is obvious that these powers are higher than those estimated from the flight

dam; it is believed that the flight data is underestimated due to calibration errors in the tofi:lue

and RPM sensors. From Table 4-3, it is also clear that the optimum theoretical airspeed is

higher than that observed in the flight dam. Realizing this, the lift coefficient for the flight with

the lowest airspeed (in Table 4..2) has been calcttlated and found to be 2.43. This CL is higher

than the airfoil is predicted to be capable of generating, consequently, it is believed that a scale

factor error was present in the airspeed sensor.

Velocity Power Required
(meters/sec) (W)

5.00 175.3
5.25 167.9
5.50 161.9
5.75 156.7

6.00 153.7
6.25 151.4
6.50 149.9
6.75 149.9

7.00 151.4
7.25 153.7
7.50 157.4
7.75 161.9

8.00 167.9
8.25 174.6
8.50 182.0
8.75 191.0

9.00 201.4

Table 4-3 Theoretically Derived Power Estimates
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The scale factor error in the airspeed sensor should not affect the technique used to

analyze thepower datasinceeach flight was dividedand analyzedduringperiodsof constant

airspeed.As a result,duringeach flightsection,theenergycompensationsdue tochanges in

airspeedarerelativelysmall;therefore,errorsin thesecompensations should be extremely

small.

The abilitytofindtheoptimum airspeedisnot:compromised by theerrorintheairspeed

sensor. The voltageintothe panel meter thatdisplayedairspeedwas the same voltage

measured by the Data Acquisition System; th_s by comparing the two signals,the

correspondingmeterreadingfortheoptimum airspeedcan be determined.Consequently,the

pilot can fly the aircraft at this reading even though it is a relative and not an absolute value of

airspeed.

An effective set of sensors and dam collection equipment has been assembled that can

precisely measure the power required to fly a human powered aircraft. A useful and accurate

technique has been developed for processing the resulting data. This technique involves

integrating the power supplied by the pilot and then compensating this total energy for the

power required to change altitude (potential energy) and the power required to change airspeed

(kinetic energy). Due to problems in calibrating the sensors, the power estimates for the data

are not accurate in an absolute sense; however, the estimates are quite precise and can be used

to observe small changes in the power required to fly the aircraft. This is quite useful for flight

testing human powered aircraft since it is allows the measurement of the power reduction

obtained by flying at the optimal airspeed and altirade, by reducing the weight of the aircraft,

and by making various minor changes to the airfraue.
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Though the classical ground effect may be present when the Daedalus aircraft is flying

at extremely low altitudes, there is insufficient data to fully substantiate this finding. However,

the results from the flight tests do indicate that the power required to fly the aircraft actually

tends to decrease with altitude. This is contrary to classical ground effect theories; however, it

correlates with the subjective observations of Kanellos KaneUopoulos during his 119 km flight

between Crete and Santorini, Greece and of Bryan Allen during his flight across the English

Channel in the Gossamer Albatross.

It is hypothesized that this inverse ground effect is caused by turbulence in the Earth's

boundary layer. The diameters of the largest boundary layer eddies (which represent most of

the turbulent kinetic energy) are proportional to altitude; thus, closer to the ground, the energy

in the boundary layer becomes concentrated in eddies of smaller and smaller diameter.

Eventually the eddies become sufficiently small (approximately 0.5 cm) that they trip the

laminar boundary layer on the wing. As a result, a greater percentage of the wing area is

covered in turbulent flow. Consequently, the aircraft's drag and the power required both

increase as the aircraft flies closer to the ground.

From the power data it is obvious that the airspeed at which the aircraft is flown has a

significant effect on the power required; however, due to the distortion of the data fi'om inverse

ground effect, it is difficult to obtain a consistent relationship between airspeed and power.

The power for the Daedalus aircraft does increase as the airspeed increases; however, there is

not sufficient data to observe the increase in power when the aircraft is flying slower than the

optimum airspeed.
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5.0 Summary and Conclusions

1. A sophisticated data acquisition system has been assembled that can be used on aircraft

where size and weight are extremely criticaL The system and the associated sensors weigh less

than one kilogram.

2. By comparing turns performed using only the rudder with turns performed using both

rudder and ailerons, it has been substantiated that ailerons are not particularly effective in

controUing turns for human powered aircraft. The long wingspan of the Light Eagle combines

with the drag due to the aileron deflections to generate significant adverse yaw moments. The

resulting yaw rate is in the direction that, through Clr, will cause the aircraft to initially roll in

the direction opposite to the desired turn. The net effect is large adverse yaw rates and very

small roll ratesin the commanded direction.

3. Unste_y aerodynamics and the stru_xral flexibility of the Light Eagle and Daedalus aircraft

cannot be ignored when performing parameter estimations on flight data.

a. Significant lags have been observed between when the rudder is deflected and when

the resulting moment acts on the fuselage. This lag has been attributed to unsteady

aerodynamics and structural flexibility. When _e angle of attack of the rudder is quickly

changed, a delay of approximately 0.14 seconds occurs before the lift on the rudder changes

accordingly. After this force is generated, it cause.,, the tallboom to deflect significantly before

the moment is effectively applied to the fuselage, Thus an additional lag of approximately 0.3

seconds results. When these lags are accounted for in the parameter estimation program, better

estimates are obtained for many of the stability derivatives.
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b. The structural model of the aircraft should be extended to include the flexibility

effects of the wing. Using the rigid body model for the wing, the parameter estimation

program underestimates the value of Cl_ by two orders of magnitude. However, significant

wing flexibility has been observed during flight tests. When a sideslip is generated, the outer

portion of the wing begins to ron into the turn and, due to the change in the direction of the lift

vector, the heading begins to change. Only after a significant lag does the center section begin

to roll. Since the rate gyros were mounted in the fuselage, they did not sense the roll rate until

the center section began to roll Due to the lag between when the sideslip was initiated and

when the gyros sensed the roll rate, the estimator did not correlate the two signals; thus the CI_

estimate was quite poor.

4. The performance of the antopllot has been investigated in the fight of the flexibility effects

observed in the tailboom. Results indicate that the nominal autopflot design would not have

exhibited acceptable performance due to these flexibility effects; however, with a simple

augmentation of the compensation technique, adequate performance could have been achieved.

This result emphasizes that ff a high altitude RPV is constructed that is similar in design to the

Light Eagle, an acctwate model of the aircraft's dynamics must first be developed and validated

before the autopilot can be designed with any confidence.

5. An aeroelastic analysis has been performed on the aircraft's structure. When no forward

airspeed is included in the analysis, the aircraft's structure is characterized by a significant

number of closely spaced flexibility modes. (These modes are illustrated in Appendix B). Due

to the close spacing of these modes and the relatively high frequencies involved in some of

them, the observation of each mode is difficult in flight. Since the frequency content of

aerodynamic surface deflections are not sufficient to excite many of these modes, other

techniques must be devised. Possible means of excitation include placing small shakers
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onboard the airvraft,f'n-ingsmallrocketmotors,and having ground personnelpullon ropes

•duringtheflight.Additionalinsightmay be obtainedby performinga ground-basedvibration

excitationtest.

By extending the aeroelastic model to include the effects of forward flight speed, the

variation in the dynanfics of the aircraft with airspeed have been investigated. Three cases have

been analyzed: (1) the aircraft flying at sea level wilh the nominal pitch inertia, (2) the aircraft

flying at sea level with the pitch inertia increased 30%, and (3) the aircraft flying at an altitude

of 6000 meters with the nominal pitch inertia. Ea_'h case exhibits different dynamics as the

airspeed increases. From these findings, it is clear lhat if an aircraft similar to the Light Eagle

isusedasa highaltitudeRPV, a robustautopilotwillbe necessarytocontroltheaircraftateach

airspeed,atallaltitudes,and withdifferentpayloads(differentpitchinertias).

6. a. A usefui and precise technique has been de_,eloped for measuring and processing the
t

power data for human powered aircraft. Due to pxoblems in calibrating the torque and RPM

sensors, the power estimates for the data are not accurate in an absolute sense; however, the

estimates are quite precise and can be used to observe small changes in the power required to

fly the _ This is quite useful for flight tes_g human powered aircraft since it is often

desirable to determine the power reduction obtained by flying at the optimal airspeed and

altitude, by reducing the weight of the aircraft, and by making various minor changes to the

a_'fIBme.

b.Though theclassicalground effectmay be presentwhen theDaedalus aircraftis

flyingatextremelylow altitudes,thereisinsufficientdatato fullysubstantiatethisfinding.

However, theresultsfrom theflighttestsdo indic_Ltethatthepower requiredtoflytheaircraft

actuallytendstodecreasewith altitude.This iscontrarytoclassicalground effecttheories;
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however, it correlates with the subjective observations of Kanellos Kanellopoulos during his

119 km flight between Crete and Santorini, Greece and of Bryan Allen during his flight across

the English Channel in the Gossamer Albatross.

It is hypothesized that this inverse ground effect is caused by turbulence in the Earth's

boundary layer. The diamete_ of the largest boundary layer eddies (which represent most of

the turbulent kinetic energy) are proportional to altitude; thus, closer to the ground, the energy

in the boundary layer becomes concentrated in eddies of smaller and smaller diameter.

Eventually the eddies become sufficiently small (approximately 0.5 cm) that they trip the

laminar boundary layer on the wing. As a result, a greater percentage of the wing area is

covered with turbulent flow. Consequently, the aircraft's drag and the power required both

increase as the aircraft fries closer to the ground.

c. From the power data it is obvious that the airspeed at which the aircraft is flown at

has a significant effect on the power required; however, due to the distortion of the data from

inverse ground effect, it is difficult to obtain a consistent relationship between airspeed and

power. The power for the Daedalus aircraft does increase as the airspeed increases; however,

there is not sufficient data to observe the increase in power when the aircraft is flying slower

than the optimum airspeed.
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Appendix A Finite Element Model of the Light Eagle Aircraft

Element Material _ Data

Element # E-Mod.

[Nlm z]

I 5.5Ell

2

3

4

v p J

[ ] [kg/m3] [m4]

0.3 1.4E03 4.0E-06

1.49Ell 0.3 1.73E03 1.65E-07

6.8Eli

1.49Ell

5 6.8Eli

6 4.35E12 0.3

7 7.82E10 0.3

8 5.5E13 O.3

9 5.7Eli 0.3

I0 5.7E11 0.3

11 I.IEI2 0.3

12 5.5E13 0.3

13 5.7Ell 0.3

14 5.7E11 0.3

15 1.IE12 0.3

16 2.1Ell 0.3

17 2.1Eli

18 1.39E12

19 1.72E11

20 1.95E10

0.3 4.08E03 1.94E-08

0.3 1.73E03 1.65E-07

0.3 4.08E03 1.94E-08

1.4E03

1.4E03

1.4E03

1.4E03

1.4E03

1.6E03

1.4E03

1.4E03

1.4E03

1.4E02

7.8E03

0.3 7.8E03

0.3 1.73E03 3.79E-08

0.3 1.73E03 7.75E-08

0.3 1.4E03 4.0E-08

4.0E-08

4.0E-08

4.0E-08

1.1E-08

1.1E-08

4.0E-08

4.0E-08

1.1E-08

1.1E-08

1.0E-06

1.0E-12

1.0E-12

h

tm4]

2.96E-11

1.59E-06

1.0E-06

1.59E-06

1.0E-06

6.59E-04

2.96E-07

2.96E-07

1.67E-06

1.67E-06

2.96E-04

2.96E-07

5.0E-09

5.0E-09

1.0E-06

5.2E-13

5.2E-13

1.14E-07

1.69E-06

2.96E-07

It A

[m21

2.96E-06 1.4E-04

2.96E-07 2.85E-04

1.3E-08 6.36E-05

2.96E-07 2.85E-04

1.3E-08 6.36E-05

6.59E-04 2.85E-04

2.96E-07 2.85E-04

2.96E-07 1.4E-04

5.0E-09 4.6E-05

5.0E-09 4.6E-05

2.96E-04 1.4E-04

2.96E-07 1.4E-04

1.67E-06 4.6E-05

1.67E-06 4.6E-05

1.0E-06 1.4E-04

5.2E- 13 3.5E-06

5.2E-13 3.5E-06

1.3E-08 6.36E-03

2.96E-07 2.85E-04

2.96E-07 2.85E-04

AI



Apparent Mass Terms

maw of the main wing and elevator in z-direction - p_ Az,i bi

-2
ci

za 4

where Az,/is the cross-sectional area of the cylinder with the diameter equal co the average

chord length of the profile section to which the apparent mass term is added, Pair is the air
density at sealevel, and _ is the spanwisc length.

Element # mapp [kg] ci [m] bi [m]

2 5.51 1.202 3.96
3 4.53 0.998 4.72
4 5.51 1.202 3.96
5 4.53 0.998 4.72
9 0.19 0.415 1.14
10 0.19 0.415 1.14
18 4.53 0.998 4.72
19 5.51 ' 1.202 3.96
20 5.51 1.202 3.96
21 4.53 0.998 4.72
22 0.19 0.415 1.14
23 0.19 0.415 1.14

Rudder apparent mass terms in the y-direction:

mapp = p_ Ay,i bi

-2
Ci

Ay,i =

i=l; At= 0.448 m 2

i=2; Ai = 0.552 m 2
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Similar to the above mentioned procedure the apparent: mass terms in the y-direction were
added to the nodal point mass loading of the Finite-Element program.

Additionalapparentmass termsofallaerodynamicst_rfaces.

ms_t in x,y,and z-direction= p_ Ax,y,z,ibi

These apparentmass terms have to be ¢onsismntlyincludedin alldirections,because the

enclosedvolume of airinsideoftheacredynamicsurfacesaffectsmo_ons inalldirections.
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Appendix B Mode Shapes

The mode shapeswere derivedfrom eigen-_Lnalysisof therice-freeaircraft.Reference

conditionforthecigen-analysiswas thepre-loadedaircraft(1-glevelflight)withapparentmass

loadingon themain wings and empennage.

Ngnn'al Structural Modal Freouencies at Different D3ad Factors

Load Factor Frequency [Hz]

Mode7 1.0 0.625

2.0 0.605

2.5 0.592

3.0 0.579

3.5" 0.561

Mode 8 1.0 0.838

2.0 0.838

2.5 0.837

3.0 0.836

3.5 0.834

Mode 9 1.0 0.985

2.0 0.964

2.5 0.948
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0.934

0.907

Mode 10 1.0

2.0

2.5

3.0

3.5

1.352

1.311

1.278

1.231

1.170

Mode 11 1.0

2.0

2.5

3.0

3.5

1.552

1.334

1.228

1.133

1.170

Mode 12 1.0

2.0

2.5

3.0

3.5

2.547

2.449

2.388

2.362

2.250

Mode 13 2.824

2.768
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Appendix C

Raw Data from Flights 307C, 307D, and 307E





Data From Flight 307C
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Data From Fli_,ht 307D
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Data From Fli|_,ht 307E
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